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UNCLAS^DiNtO 


NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 
BESEARCE MEMORANDUM 

CALCULATED EFFECTS OF TURBINE ROTOR-BLADE COOLING-AIR FLOW, 
ALTITUDE, AND COMERESSOR BLEED POINT ON BEEFCE?MANCE 
OF A TURBOJET ENGINE 

By Vernon L. Arne and Alfred J. Nachtigall 


SUMMARY 

The effects of air-cooling the tiorhine rotor blades on the per- 
formance of an axial-flow turbojet engine were calculated for a range 
of altitude from sea level to 40,000 feet. The measured wind-tunnel 
performance of a commercial turbojet engine was used as the basis, of 
comparison with the calculated performance for a turbine inlet temtpera- 
tirre of 1960° R and for a range of cooling-air flows up to 3 percent of 
the compressor air flow. A flight Mach number of 0.788 was assumed for 
all altitudes. 

The percentage change in thrust and specific fuel consumption cram- 
pared with the performance of the uncooled engine is plotted for two 
cases: (l) with the cooling air bled from the compressor at the pres- 

sure required for each coolant flowj (2) for cooling air bled at the 
compressor discharge and throttled to the pressure required for each 
coolant flow for the entire range of conditions. 

When the coolant was bled at the reqtilred coolant pressure, the 
sea -level percentage thrust reduction was approximately twice the per- 
centage coolant flow. The percentage increase in specific fuel con- 
siimption relative to the uncooled engine at sea level was approximately 
equal to the percentage coolant flow. The percentage thrust reduction 
and percentage increase in specific fuel consumption decreased with 
an Increase in altitude at a constant value of coolant -flow ratio. 
Bleeding the coolant at the craipressor discharge resulted in an 
additional 1-percent loss in thrust and increase in specific fuel 
consumption at sea level with a smaller increase in loss at higher 
altitudes . 

Additional calculations were made at sea level. Changing from a 
tapered blade cooling passage to a constant passage area equal to the 
area at the mean section of the tapered passage resulted in an improve- 
ment in engine performance. Increasing the compressor and turbine 
efficiencies from 0.80 and 0.79, respectively, to 0.88 resulted in 


RESSi^®$ED=3» 



2 


NACA RM E5IE24 


considerably less performance loss due to cooling. Reducing the temper- 
ature of the cooling air at the inlet to the tapered blade -coolant 
passage from 300° to 100° F resvilted in a reduction in static-pressure 
ratio from root to tip. 


USTRODUCTIOK 

The application of cooled tinrbines is a premising means of in 5 >rov- 
ing the performance of aircraft gas-turbine engines by permitting the 
use of higher tvirbine-inlet ten^jeratures . Another objective of 
cooled- turbine research is to reduce the critical-material content 
of the turbine blades and disks of current commercial turbojet 
engines. Both air- and liquid-cooled hollow blades offer possibilities 
of achieving these objectives, but air-cooling systems are considered 
a more Immediate solution of the problem of substituting noncritlcal 
materials at current turbine inlet -gas temperature. The present status 
of the analytical and experimental cooled-txirblne research and the 
general principles of t^n*blne- cooling theory are reviewed in refer- 
ence 1, Analytical methods of determining cooled-blade tenrperatures 
and required coolant flows are presented in references 2 and 3. These 
methods can be used in conjunction with experimental data to provide 
design values of reqviired coolant flow. 

Reference 2 discusses some of the problems in the design of air- 
cooled turbines and presents the effects of only the required cooling- 
air flow on turbojet engine performance for two particular blade con- 
figurations, various blade materials, and a particular stress -rupture 
life for a range of altitudes and turbine-inlet tenperatuires . The 
present report presents the calcuilated effects of coolant flow, alti- 
tude, and coolant bleed pressure on a turbojet engine operating at 
1960° R (1500° F) turbine-inlet tea^jerature and xislng the finned blade 
of reference 2. The results herein are Independent of blade material 
and blade life. A range of rotor -blade coolant flows up to 3 percent 
of the cojipressor air flow is covered. The amouint of coolant flow is 
discussed in terms of coolant-flow ratio, defined as the ratio of 
cooling-air flow to conpressor-air flow. The results given in refer- 
ence 2 indicate that coolant -flow ratios from 0 to 0.03 are of most 
interest for cases in which nonstrategic materials are substituted in 
turbine blades for current gas temperatures. This range of coolant 
flows necessitates the use of blades with high cooling effectiveness 
if satisfactory blade life is to be obtained. Altitudes from sea level 
to 40,000 feet were used for a constant flight Mach number of 0.788, 

The two conditions of compressor coolant bleed considered were: (l) The 

coolant is bled from the compressor at the pressure required to provide 
the specified coolant pressm-e determined fr.om.a_pressure-drop calcula- 
tion through the blade passage for a given cooled-blade design; (2) the 
coolant is bled at the compressor discharge and throttled to the 
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pressure required for aXl coolant flows and altitudes considered. For 
the second case, the perfoxmance is calculated Independently of the 
blade configuration and heat-transfer characteristics, and the results 
are applicable to any blade configuration for which the compressor dis- 
charge pressure is adequate to supply the range of coolant flows 
desired. 

Additional calculations were made , at sea level to determine the 
effect of changing certain design variables that may, for other air- 
cooled turbine applications, have valvies different from those used here 
for the whole range of calculations. The effect on coolant-passage 
pressure drop and engine performance of changing from a tapered coolant 
passage to one having a constant passage area eq.-ual to' the area of the 
tapered passage at the mean section 'was calculated for a coolant-flow 
ratio of 0.02 at sea level. Another calculation of engine performance 
was made at sea level for turbine and conpressor efficiencies substan- 
tially higher than those used for the whole range of calculations. Tlie 
effect of reducing the inlet cooling-air tsEperature at the blade root 
from 300° to 100° F on the coolant-passage pressure drop -was also calcu- 
lated for a coolant-flow ratio of 0.02 at sea le'vel. 


METHODS 

The method used in calculating engine performance is essentially 
the same as that in reference 2. The measured ■wind-tunnel performance 
of a commercial uncooled turbojet engine (references 4, 5, and 6) is 
used as a basis of comparison with the calculated performance of the 
same engine in -which a cooled turbine is siabstltuted. The results 
obtained are supplementary to those presented in reference 2 for a 
tvirbojet engine operating at current gas tenpieratures -with nonstrateglc 
material substituted in the turbine blades. 

For both 'the cooled and the \incooled engine, the bulk tiirblne- 
Inlet temperature ■was ass-umed to remain constant for all altitudes at 
1960° R at rated engine speed of 7600 rpm. Coolant-flow ratios of 
0.01, 0.02, and 0.03 -were used at each altitude of sea level, 10,000, 
20,000, 30,000, and 40,000 feet. A flight Mach n’unijer of 0.788 "was 
used for all altlt-udes. 

The general modifications to the tixcbine required for air cooling 
are shown in figure 1, which is identical to figure 1 of reference 2 
except that no provision is made for cooling the s-tator blades. The 
rotor -blade cooling air, bled from the compressor, is introduced throu^ 
a supply pipe to the stationary diffus ing section at the turbine >nn-> and 
passes into a vaned shroud on the face of -the rotor. The air passes 
through the shrouded passage to the blade base, through the blade 
coolant passages, and is discharged at the tip to ttiIx with the Tna.in 
flow of working gas. 
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A mldspaxL cross section of the finned, hlade adapted to the turhine 
is shown in figure 2. Values of blade geometry were taken from this 
section to determine the average heat-transfer characteristics of the 
blade. The cooling-air pressin-e requirements for the range of condi- 
tions considered were computed for a passage that had a 3:1 taper ratio 
in cross-sectional area from the blade root to the blade tip. The 
cooling -air Mach number in the tip of the coplant passage and the pres- 
sure drop through the blade coolant passage were calculated by the 
method- given in reference 1 , which reqvdLres an initial assumption of 
cooling-air tenperature at the blade root. An average value of 300° F 
was assumed for these calculations. The ducting losses between the 
conpressor bleed and the turbine hub were neglected, and the effects 
of bleed on compressor performance and efficiency were not considered. 
The design of a tTurbojet engine or the modification of an existing 
engine for air cooling involves matching of the conpressor and tur- 
bine. For the calculations reported herein, it was assumed that the 
compressor and turbine would still be matched -when the air-cooled 
turbine was substituted for the -uncooled turbine and when the turbine- 
blade cooling air was bled from the compressor. 

The performance of the engine was calculated for the entire range 
of operating conditions for two cases of conpressor cooling-air bleed. 

For the first case, the required cooling-air pressure was determined by 
the method of reference 7} the coolant pxutping work in the main com- 
pressor up to the point of required bleed pressure (defined as external 
pumping work) and the coolant punping work in the turbine rotor itself 
(defined as Internal punping work) were calculated. For the second 
case, where the cooling air was bled at the conpresscr discharge, it 
was unnecessary to make a separate calculation of external punping work 
because the enthalpy rise of the cooling air is the same as that of 
the working fluid in the main conpressor and could therefore be included 
in the total conpreBsor work,. The effects of internal and external 
punping work were included in all calculations of turbine pressure 
ratio. Jet-nozzle inlet tenperature. Jet-nozzle pressure ratio, and the 
percentage change in thrust and specific fuel consTUiption. For the case 
of coolant bleed at the compressor discharge, only the percentage change 
in thrust and specific fuel consimption are presented. The results for 
bleed at the conpressor discharge apply to any coolant -passage configura- 
tion requiring a coolant supply pressure less than or equal to the com- 
pressor discharge pressure. 

The pressure drop through a turbine-blade coolant passage depends 
to a large extent on the relative Mach number of the cooling air. For 
a given coolant-passage area at the root of the blade and a cooling-air 
weight flow, a cooling passage that converges in the direction of flow 
will have a rapidly Increasing cooling-air Mach number toward the blade 
tip Eind will have a larger pressure drop than a blade coolant passage 
of constant flow area. The blade used for the entire range of calcu- 
lations had a taper ratio of 3:1 from root to tip. In order to study 
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•fche effect of to a constant -area coolant passage on coolant- 

passage pressure drop and engine performance, additional calculations 
were made for a constant-area coolant passage for a coolant-flow ratio 
of 0.02 at sea level. The area of the constant-area passage was equal 
to the mean area of the tapered passage so that the average heat- 
transfer characteristics of the blade remained unchanged. 

The conpressor and turbine adiabatic efficiencies used for most of 
the calculations were based on the meastired engine performance. At sea 
level, the turbine efficiency was 0.79 and the coarpressor efficiency 
was 0.80. In order to determine the effect of higher conponent effi- 
ciency, the sea-level pearformance was recalculated using 0.88 adiabatic 
efficiency for both compressor and tiirbine. 

As previously mentioned, the cooldng-air tenperature at the blade 
root was assumed to be 300° F. For effective blade cooling, it is 
desirable to supply the coolant at as low a tenperature as possible. A 
coolant -pas sage pressure-drop calculation was made assuming 100° F 
blade-root cooling-air temperat'ure for 0.02 coolant-flow ratio at sea 
level so that a ccmparlson could be made with the 300° F inlet-air 
calculation. 


EESULTS ABD DISCUSSION 

The effect of cooling-air bleed on axial -flow tiirbojet engine per- 
formance was calculated for a range of coolant flows up to 3 percent of 
the conpressor air flow for altit\ides ranging from sea level to 
40,000 feet. Performance of the cooled engine was conpared with the 
measured altitude -wind-tunnel performance of the commercial uncooled 
engine . 


Cooling-Air -Pressure Bequlrements 

Coo.lj.ng-air Mach number in tip of passage. - The Mach number of the 
cooling air in the tip of the passage is needed to initiate the 
pressure-drop calculation by the method of reference 7. Results of cal- 
culations have shown that the tip Mach number itself is an approximate 
indication of the cooling-air pressTore drop, the hi^er Mach numbers 
resulting in hl^er static-pressure losses. 

The variation of cooling-air Mach number in the tip of the coolant 
passage is shown in figure 3 for altitudes of sea level and 40,000 feet 
for two cross-sectional tip coolant-passage areas. At a given coolant- 
flow ratio, the Mach niimber is slightly higher at 40,000 feet than at 
sea level for either tip area. For a tip area of 0.028 square inch, 
corresponding to a root -to -tip taper ratio of 3; 1 for a blade with a 
mean cross section as shown in figure 2, the Mach number increases with 



6 


NACA EM E51E24r 


coollng-alr flow and is Tae'tween 0.9 and 1.0 at a coolant-flow ratio of 
0.03. When the tip area Is Increased hy assuming a constant-area 
coolant passage with ein area equal to the mean area shown In figure 2, 
the tip Mach nunfljer as shown hy the dashed lines heis a value of about 
0.5 at a coolant-flow ratio of 0.03. The coolant pressure drop and the 
engine performance for the constant-area "blade were calculated for com- 
parison with the tapered blade at one coolant flow at sea level and the 
confuted values are given In table I. 

Coolant pressure ratio. - The variation In static pressure from 
rotor hub' to blade tip Is shown In figure 4 for the tapered blade and 
the constant-Eirea blade for two values of rotor compression efficiency 
at sea level with a coolant-floW ratio of 0.02. The pressure distri- 
bution in the blade was calculated by the method of reference 1 , which 
assumes one -dimensional conpressible flow. For the tapered blade, 
there is a static -pres siare ratio of 1.29 from blade root to blade tip. 
The pressure builds up near the root in this blade because of compres- 
sor action but rapidly decreases as the effects of momentum pressure 
loss and friction predominate. The constant-area blade has a slight 
pressure rise from root to tip. 

The pressure drop in the tapered^blade was also calculated for a 
coolant -flow ratio of 0.02 and a coolant-inlet teniperatvire of 100° F. 

The pressure ratio from root to tip was reduced from 1.29 for a 
coolant-inlet temperature of 500° F to 1.16 for a coolant- inlet tem- 
perature of 100° F. This result does not show the entire advantage to 
be gained with lower coolant temperatures because both calculations 
were done for one value of coolant-flow ratio. For a given blade, the 
lower coolant teBperature would give reduced blade temperature, thus 
making possible a reduction in the amount of coolant flow required to 
maintain a given allowable blade tenper atxire . The lower coolant flow 
would result in a further reduction in coolant pressure drop in the 
blade. The effects on engine perfoimance of the lower blade coolant 
pressure drop for a coolant-inlet tenperature of 100° F were not cal- 
culated inasmuch as the effects of the resiiltant lower required coolant 
bleed pressure are similar to the effects on engine performance observed 
for the 300° F coolant -inlet temperature for the two cases of compressor 
bleed. 

The static -pressure variation in the rotor was calculated using 
polytropic compression efficiencies of 0.50 and 1.00. For an effi- 
ciency of 0.50, very little static-pressure rise is obtained^ in the 
rotor. The variation obtained using 1.00 compression efficiency indi- 
cates ideal rotor performance and shows that there is room for sub- 
stantial reduction in coolant-pressure requirements. Experimental 
evidence indicates that an efficiency of 0.50 is a reasonable value to 
be expected In early air-cooled rotor designs and, consequently, this 
value was used in the calculations of engine performance. 
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The ratio of required total pressure at the rotor hub to the static 
pressure in the blade tip is given in figure 5 for a range of altitude 
and coolant-flow ratio. The required cooling -air pressure ratio 
increases considerably with coolant flow and only sil.ightly with 
altitxide . 

At a coolant-flow ratio of 0.02 at sea level, the required pres- 
siare ratio from hub to tip is 1.29. Table I shows that use of a blade 
with constant cross-sectional passage area reduces the required pres- 
sure ratio to 1.04, a 20-percent reduction. 

The information of figure 5 was escpressed in terms of required 
coolant pressure ratio assuming no loss in pressure between the com- 
pressor bleed point and the turbine hub. Figure 6 compares these 
values with cong)ressor pressure ratio for sea level and 40,000-foot 
altitude. The curve shows that for this blade configuration the com- 
pressor discharge presstrre ratio is required for coolant-flow ratios of 
approximately 0.040 and 0.035 at sea level and 40,000 feet, respec- 
tively. The determination of the blade iressure drop thus may be of 
considerable Inportance in air-cooled engine design becaiise the 
required coolant pressure should not exceed the available coolant 
pressure. 


Coolant Pumping Work and Specific Turbine Work 

The work done on the cooling air in the main ccmpressor is called 
the external work and is plotted in figure 7 for the range of coolant - 
flows and altitudes considered. Inasmuch as the values are dependent 
on the bleed point in the conpressor given by figure 6, the magnitude 
of external punping work in figure 7 is not applicable for all blade 
configurations. The figure does give a qualitative picture of the 
pumping work for this range of coolant flows as coupared with the total 
txurbine work. 

The internal pumping work of the txirbine rotor in Btu per pound 
of working gas for coolant-flow ratios up to 0.03 is shown in figure 8. 
Because this work is a function of only the coolant wei^t flow and the 
blade tip speed, it can be calculated easily for any txirblne design; 

The 'values of figure 8 are applicable for tip speeds around 1125 feet 
per second . 

The specific turbine work, obtained by adding the external and the 
Internal pumping work to the compressor work, is shown in figure 9. 

The reduction in working fluid because of coolant bleed is the main 
effect of cooling on the specific turbine work. The variation given by 
figure 9 is therefore typical for any engine using this coolant flow 
range having a ccmpressor pressure ratio and turbine-inlet temperature 
approximately that of the engine for which these calculations were made. 
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Figure 9 Indicates that for a coolant flow ratio of 0.03 the spe- 
cific t\jrhine work shows an increase over that of the uncooled engine of 
about 4.4 percent at sea level and about 4.8 percent at 40,000 feet. 

At a given coolant-flow ratio, the specific turbine work increases 
slightly with altitude owing to the increase in the required cooling- 
air pressure ratio at higher altitudes. It is desirable to have a 
Tnfl.yiTtnTiti amount of energy available for thrust; the energy drop across 
the turbine or the specific turbine work should therefore be kept as 
low as possible. Figure 9 also shows that a more rapid increase in 
specific turbine work occurs as the coolant flow is increased. This 
suggests the importance of minimizing the amount of required coolant 
flow by using blades of high cooling effectiveness. 


Jet-Nozzle Inlet Conditions 

The effect of cooling on the state of the working fluid entering 
the Jet nozzle can be observed from the effect on t\irblne pressure 
ratio and Jet-nozzle total temperature as shown in figures 10 and 11. 
Because of higher specific turbine work, the turbine pressure ratio 
increases with coolant-flow ratio from 2.15' for the uncooled engine to 
about 2.24 for a 0.03 coolant -flow ratio. This variation is almost the 
same over the range Of altitudes considered. The Jet-nozzle- total tem- 
perature at sea level decreases from 1695° R in the uncooled engine to 
about 1661° R at a coolant-flow ratio of 0.03. Again the effect of 
altitude is slight. The absence of appreciable altitude effect on 
turbine pressure ratio and Jet -nozzle total temperature is an engine 
characteristic and has little direct connection with the cooling 
characteristics . 

Inasmuch as compressor pressure ratio increases quite appreciably 
■with altitude and txnrbine pressure ratio is not affected by altitude,' 
the -increase in conpressor pressure ratio is reflected in the Jet- 

nozzle pressure ratio, which Increases -with altitude as shown in fig- 

tire 12. The Jet-nozzle pressure ratio decreases with coolant-flow ratio 
at all altitudes beca-use of the additional turbine pressure ratio 
requirements that cooling Introduces. 


Engine Performance 

The ultimate objective of the analysis is to can^iute the changes 
in engine performance that occur with cooling. Results are presented 
for the case of cooling-air bleed at the calculated required pressure 
and the ease of cooling -air bleed at the con®ressor discharge. 

Cooling air bleed at calculated required pressure. - The 
percentage changes in thrust and specific fuel consunption are plotted 
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against coolant-flaw ratio in figures 13(a) and 13(13), respectively. 

The sea-level percentage decrease in thrust is appro3dLmately twice the 
percentage coolant flow, whereas the sea-level percentage Increase in 
specific fuel consun5)tlon is appro3d.Tnately equal to the percentage 
coolant flow. Both the thrust reduction and specific fuel consumption 
Increase become smaller as altitude Increases at a constant value of 
coolant-flow ratio. The thnist reduction is larger than the increase 
in specific fuel consumption because the thrust is affected by the 
reduction in turbine working fluid due to compressor bleed as well 
as by the coolant pumping losses and the changes in propulsive effi- 
ciency. The coolant pum ping losses can be controlled to some extent 
by careful coolant-passage design, but the loss in thrust due to 
bleeding from the engine compressor weight flow and by -passing the com- 
bustion chambers is a loss that is inherent in this type of air-cooled 
engine configuration and can be decreased only by decreasing the amount 
of cooling air used. The possibility of restoring the thrixst by 
increasing the turbine-inlet temperature above its former value is dis- 
cussed to some extent in reference 2. 

The smaller loss in performance with increase in altitude is prob- 
ably due to the compressor characteristics of the engine considered. 

The compressor pressure ratio increases with altitude and thus Improves 
the thermal efficiency of the cycle. The cooling losses for a given 
coolant-flow ratio then become a smaller part of the available thermal 
energy. 

Cooling-air bleed at compressor discharge. - If the point of 
compressor bleed is known or can be assumed, the engine performance 
can be calculated independent of the blade configuration or heat- 
transfer requirements becaxise any heat transferred to the coolant is 
reintroduced into the Jet nozzle during mixing after the turbine, 
making the energy drop across the turbine a function of only the spe- 
cific txorbine work. This fact is of Importance to the designer because 
it allows him to make an appro3ciTnate analysis of the effect of cooling 
on performance without an accxurate determination of the blade pressure 
drop and cooling characteristics, which are difficult to determine 
quickly. 

A calculation was miade to determine the effect of bleeding the 
cooling air at the compressor ’ discharge for the range of coolant flows 
and altitudes considered. The res^llts are shown in figures 14(a) and 
14(b) . Comparison with figures 13(a) and 13(b) shows that the addi- 
tional loss is about 1 percent at sea level, with even smaller differ- 
ences at higher altitudes. This results from the additional pumping 
work required for bleed at a higher compressor pressure ratio, but 
for a fixed coolant temperature it appears that the amount of compres- 
sion done on the cooling air has a smaller effect on engine performance 
than does the amomt of coolant bleed. On the other hand, unless a 



10 


MCA RM E51E24 


heat exchanger is us^ to control coqlsA't hi^er coolant- 

bleed pressure ratios result in hl^er bieeui temperatures, vhich in 
turn give less blade -temperature reduction for a given coolant flow. 


Effect on engine performance of changing to constant -area blade- 
coolant passage. - Table I shows the effect on the performance loss of 
making the coolant passage of constant cross section rather than 
tapered. The flow area of the constant-area blade is equal to the 
mean flow area of the tapered blade. Req.ulred coolant pressTire was 
calculated for the two cases for a coolant-flow ratio of 0.02 at sea 
level. The thrust reduction changes from 3.9 percent for the tapered 
blade to 3.5 percent for the constsuit-area blade> the specific fuel 
consumption increase changes from 1.9 percent to 1.6 percent. From the 
standpoint of performance, it appeeirs worthwhile to reduce the presstire 
drop of the cooling air in the blade. It must be remembered, however, 
that the heat-transfer effectiveness and, therefore, the life of a 
blade depend on the relative cooling -air velocities, and there must be 
a design compromise between cooling effectiveness and blade pressure 
drop. The average cooling effectiveness of the blade considered herein 
was not affected by changing from a tapered flow sirea to a constant- 
flow area beca\ise the average heat-transfer characteristic is based on 
the mean area, which was xmchsnged. 

Effect on engine performance of increased engine component effi- 
ciencies. - The compressor and turbine adiabatic efficiencies used in 
the calculations were measured in the operating engine. Because these 
efficiencies were rather low compared with the performance of present- 
day axial-flow engines, a calc\ilation was made at sea level with 
Improved values of efficiencies to determine the effect on performance 
losses. The turbine efficiency was increased from 0.79 to 0.88 and 
the compressor efficiency was Increased from 0.80 to 0.88. A coopeLri- 
son of significant performance factors with the different values of 
efficiency^ is shown in table II. The loss in thrust at a coolant-flow 
ratio of 0.03 was reduced from 6.2 to 4.7 percent and the fuel consump- 
tion increase was reduced from 3.4 to 1.8 percent. Here again, as with 
the decrease in performance loss with altitude, the more efficient 
engine can absorb the losses due to cooling more easily. The losses 
become a smaller part of the total energy available. 


SUMMARY OF RESUIffS 

The effect of air-cooling the turbine blades on the performance 
of an axial-flow turbojet engine was investigated. The state of the 
working gas and the cooling air was determined at various points in the 
cycle. The following results were obtained; 
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1. When the coolant was hied at . the required coolant press\are, 

the sea-level percentage reduction in thrust was approximately twice the 
percentage coolant flow and the increase in specific fuel consun^tion 
was approximately equal to the percentage coolant flow. 

2. As altitude increased, hoth the percentage reduction in thrust 
and percentage increase in specjLfic fuel consungitlon became less for any 
fixed value of coolant-flow ratio. 

3. Bleeding the coolant at the compressor discharge resTilted 
in an additional 1-percent lose in performance at sea level and in 
smaller Increase in loss of perfonnance at hi^er altitudes. 

4. For a blade coolant passage with a 3:1 taper ratio from, root 
to tip, the required cooling-air pressure ratio increased with coolant- 
flow ratio, reaching congiressor discharge pressure at a coolant-flow 
ratio of about 0.035 at 40,000 feet and about 0.040 at sea level. 

5L'"For a blade of constant coolant-passage area equal to the area 
of the mean section of the tapering passage, the Mach number of the 
cooling air at the blade tip was reduced from. 0.670 to 0.345 and the 
cooling -air pressure ratio required was reduced from 2.10 to 1.68 at 
sea level for a coolant-flow ratio of 0.02. This resulted in a change 
in percentage thrust reduction from 3.9 percent for the tapered blade 
to 3.5 percent for the xmtapered blade. The specific fuel ccnsumption 
increase changed from 1.9 percent for the tapered blade to 1.6 percent 
for the untapered blade. 

6. Increase in the cong)ressor and turbine efficiencies from 0.80 
and 0.79, respectively, to 0.88 resulted in less performance loss due 
to cooling. At sea level, for a coolant-flow ratio of 0.03, the loss 
in thrust was reduced from 6.2 to 4.7 percent and the specific fuel 
consumption Increase was reduced from 3.4 to 1.8 percent when the 
hl^er component efficiencies were used. 

7. Reducing the temperature of the cooling air at the inlet to the 
tapered blade-coolant passage frcm 300° to 100° F resulted in a reduc- 
tion in static-pressure ratio from root to tip from 1.29 for a coolant- 
inlet temperature of 300° F to 1.156 for a coolant-inlet tCTperature of 
100° F. 


Lewis FI ight Propulsion Laboratory, 

National Advisory Committee for Aeranautics, 
Cleveland, Ohio. 
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TABLE I - COMPARISON OP SIGNIFICANT ENGINE -PERFORMANCE FACTORS FOR 

TAPERED AND CONSTANT -AREA BLADE COOLANT PASSAGE 

[Altltiode, sea levelj coolant-flow ratio, 0.02> fll^t Mach 
number, 0.788j turbine -inlet ten 5 >erature, 1960° 


Type of cooling passage Tapered Constant 

area 

Cooling -air passage area at blade tip, sq, in. 0.028 0.056 

Cooling-air Mach number in passage tip 0.670 0.345 

Pressure ratio from hub to blade tip 1,29 1.04 

Required cooling -air pressure ratio 2.10 1.68 

External coolant pumping work, Btu/lb working gas 0.83 0.57 

Specific turbine work, Btu/lb working gas 76.2 75.9 

Turbine pressinre ratio 2.20 2.19 

o 

Jet-nozzle total ten^erature, R 1674 1676 

2.165 2.175 

3.9 3.5 



Jet-nozzle pressure ratio 
Thinist reduction, percent 

Specific fuel consumption Increase, percent 


1.9 


1.6 



14 


NACA RM E51E24 


TABIE II - COMPARISON OF SIGNIFICANT ENGINE -PERFORMANCE FACTORS 


FOR DIFFERENT VALUES OF COMPONENT EFFICIENCY 


[Altitude, sea level; coolant-flow ratio, 
fli^t Mach number, 0.788; turhine -inlet 

0.03; tapered blade; 
temperature, 1960° r3 

Compressor efficiency 

0.80 

0.88 

Turbine efficiency 

0.79 

0.88 

Compressor pressxjre ratio 

3.51 

4.44 

External coolant pumping worlc, Btu/lb wording gas 1.80 

1.64 

Specific ttirbine work, Btu/lb working gas 

77.7 

86.0 

Turbine pressure ratio 

2.24 

2.25 

Jet-nozzle total tenperat^Jre, °R 

1661 

1633 

Jet-nozzle pressure ratio 

2.13 

2.68 

Thrust reduction, percent 

6.2 

4.7 

Specific fuel consumption increase, percent 3.4 

1.8 
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Coollng-alr Mach mmber In passage at hlade tip 
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Figure 3. - Cooling -air Maoh nuaiber in passage at 
hladfi tip plotted against ooolant-flovr ratio 
for blade coolant passaige -vrith seven fins. 
ELlght Mach number, 0.788j engine speed, 

7600 rpm. 



Ratio of local static px*eBsure to Ifiade-tlp static presBure 



Flgui*e 4. - Variation of ratio of local static prsssura to static pressurs at blade tip for tapered and 
constant-f low-area blade and for two Talues of polTtroplo rotor coiq>rsB8loii efficiency. Coolant-flow 
ratio, O.O^j flight Mach number, 0.78B at sea level; engiliie speed, 7600 rpm. ' 
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Batlo of totea pressure at rotor iut to static pressure at blaii# tip 
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CooXout-flcnr ratio 

Figure 5. - Vaxiatlim of ratio of total pressure 
at rotor bub to static pressure at blade tip 
ulth coolant-flcw ratio for blade coolant pass- 
age with Berea ftos. flight Kaoh aunberj 0.788> 
engine speed.} 7600 Tsm.. 



Coolant-flov ratio 

figure 6. - Canpreasor prreBsnre ratio required for 
cooling air for a BeTen-flnned blade. fli{^ 
Hach nunlber} 0.788; engtue speed} 7600 ipni. 
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Flgura 7 . - Variation of external coolant pcngplog 
work per pound of working gas with coolant-flour 
ratio for air-cooled twMne with finned hlades. 
Flifijit Mach mnibar, 0.708; engine epeed, 7600 ijm. 
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Coolant-flow ratio 


rigure 8, - Variation of internal cool- 
ant pungjing work with coolant-flow 
ratio for air-cooled turbine rotOT 
operating at 7600 ipa. Sadlus to 
blade tipj 1.416 feet. 
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1‘lgure 9. - Variaticai of specific turbine vork Tlth Figure 10. - Variation of turbine porea- 
coolsunt-flow ratio for air-cooled turbine vltli aure ratio with coolant-flow ratio for 

finned bladea. FU^t Mach mmber^ 0.788; engine air-cooled turbine with finned blades, 

speed, 7600 rpm. Flight Mach number, 0.788; engine 

speed, 7600 rpm; turbine- Inlet teiper- 
ature, 19600 5. 
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Jet-nozzle 



Figure 11. - 'Vtolatlon of Jet-nozzle 
total tenapemture vltt, cooLant-flow 
ratio fc«r turtojet englae tltli air- 
cooled flmed ttuAlne 1)18168. 

FUgbt Kaoh TSUBber^ 0.786j englre 
speedy 7600 rjo; toAtae -inlet 
teapeiature, 1960° B. 



Fissure 12 . - Tariation of Jet-nozzle 
presBUTB ratio yltta. ooolant-floir 
ratio for turbojet engine with air- 
cooled fluned turbine hladsB. 

Flight Mach number, 0.788; englns 
■peed, 7600 rpizi tarhlne-lnlet 
teB?ierature, 1960° E. 


S032 





Thnia't reduotion, peroent 


2205 

t * ©■ » # 



Coolairt-flcfw ratio Coolant-flov ratio 

(a) Peroantafse dBoreaae in thrust, (b) Percentafsa inorease In apeolflo fuel 

oonsumption. 

Pleura 13. - PercentagB dsorBaso In throat and Inorease In apeolflo fUel oonaujaptlon with coolant-flow 
ratio for turbojet engine nodlfled for air-cooled turbine rotor blades. Flight Mach nuiiSjer, 0.7SB; 
engli» speed, 7600 rpmj turbine -inlet tewperaturo, 1960° B; cooling air bled at required coolant 
pressure. 
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0 .01 ,02 .03 0 .01 ,02 .03 

Coolant-flov ratio Coolant-flow ratio 


(a) Peroentage deoreaae iu tbruat. (t) Percentagei increase In specific fuel 

c onHUiu^tion . 

Pigore 14 , - Peroeutage deoreaae in thrust and inorBaae in speolflc fuel consumption with coolant-flow 
ratio for turhojet engiiie modified for air-cooled turhine rotor "blades. Blight Meich number, 0.788; 
engine speed, 7600 rpm; turhlne-lnlet temperature, 1960° E; oodLlng air hied from oompiesear 
dlscbaarge. 
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